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E3y K. 3. Czammcki and Jamas W. k e l l e r  

An investigation has bean made of the presme distribution over 
a rectasgulm wfng with a +percent4hick  qmnetrical circul-c. 
section and a 3C~percent-chord  trailing-edge flap; schlieren and 
l i q u i d 4  ilm flow studies have also been made. Redults  obtained at a 
Mach nuniber of 1.62 and a Rejmolde number rBILge of 0.55 t o  I. 07 x 1 6  
indicate g o d  agreamsnt between theoretical and exper" pressure die- 
t r i b u t i m  except on the larpresmme side of the flap near the t r a i l i ng  
edge and an the  hi&Teesure  aide of the flap asd wing ne= the hinge , 

line. Ib these regions, laminax sepraticg occurred. As a reault of 
the flow sepazaticms, the experbnmtal  increments in aerodynamic coef- 
f ic ients  due to angle of attack o r  flap deflectian were genera l ly  
wnaller and the slopes of the   exper . tW curve8 lower ishn the theo- 
retical  coefficient  Lncrments and slopes. The erperimental secticm- 
coefficient curves a lso  exhibit a break o r  ehift that may result  in 
undesirable stability and control  characteristics such as snalring and 
nonlinear s t ick forc6ef lec t im relatimehipa. 

As a result  of the bge number of airplanes and missiles being 
des i sed  f o r  the eupersomic speed range, a 'great need has arisen for 
information 011 nhich t o  b e e  the design of supersonic  controls. In 
order to met th i s  need, a nmber of theoretical and experimental 
~nvestigations of the-aerodynamic characteristics of controls at super 
sonic speeds have been initiated.  Theoretical flap characteristics 
alone a m  inadequate, however, because of the ex i s t ace  of shock- 
bounbzy-layer fnteraction  effects not considered in the theory. Most 
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of the  experimental  investigations so far reported, on the other hand, 
have been limited  to  three-dimansional cmtrol surfaces and techniques 
that detemnine onlg the wer-e31 characteristics of t h e  control and 
give  little  or no insight into the reasas for the dfscrepanciee 
between t h e  theoretical and experfmental results. A n  invsstiga=tion of 
the interaction  effects  by me= of pressure  diatributians and schlieren 
and liquid-film flow  observatio~e  ha^, therefore, been undertaken to 
determine the  riature asd maetude of the interactian  effects  for a 
three+imemi&  rectangular ~ ~ n g  -with a trdling-edge  flap. 

The tests were made Fn the Langley Finch supersonic tunnel at 
Mach lnmibers of 1.62, .93, and 2.40 over a Reynolds number raqp 
from 0.55 to 1.07 x 1 k . Airfoil8 of 9- and Cpercendhord thicIrness 
were investigated. Each airfoil had a rectangulsrr plan form, a ~ y l p  - 

metrical  circular-arc  section, and a 30”percent-chord trailinpdge 
flap. m e  present paper gives the results obtained with the +prcant- 
thick  airfoil  at the Mach  number of 1.62. 
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SYMBOLS 

local  static pressure on airfoil. 

dream etatic pressure 

stream  Mach number 

ratio of specific  heats  for a i r  (1.4) 

chord of airfoil 

chord of flap 

sectian n o m  force  (positive upward) 

section  pitching  mamsnt  about midchard (positive when it 
tends  to  rotate  the leading edge of airfoil upward) 
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h flap  section hinge mQment (posftive when it tends t o  
deflect the f lap  dawnward) 

CrL s e c t i m  norm.d.-force coefficient (n/qc) 

cm 69CtiCIn  pitch--mt coefficient about midchord (n/qc2) 

'h flap 6ecti.m hing-t coeffici&t (h/qcf2) 

P WE deneity of free stream 

P stream coeff ic imt  of viscosity 

v free-stream  velocity 

a airfoil angle of attack 

a deflecticm of f lap chord with respect to a i r f o i l  chord 
(positive in downward directfan) 

t / c   r a t i o  of thiclmees of a i r f o f l  eec t im   to  airfoil 

x/c distance f r a n  leading edge . i n  term8 of chord length 

chord length 

Slope paxameters : 

c n ,  
vmiatian of section normal-force coefficient with angle of 

attack ra) 
a, 6 

c% 
, vaziation of section pitc-t coefficient w i t h  w e  

of attack (s) 
6 

"=a 
variatim of flap  eection hinge-mament coefficient with 

' .  
angle of attack (%) 

a, 8 



variation of section  nomnal"force  coefficiant  with  flap 

deflectian 

kriatian of section pitch-t coefficient  with flap 

variation of flap sectim hfnge-mcanant coefficient 

f lap  deflectim - 

variation of section pitch-t coefficient w i  

with 

th 
-sectian  normal-force  coefficient  for  canstant flap 
deflection 

variatlm of sectian -t coefficient  with 
section normal-force coefficient for conatant flag 
deflectim 

miatian of section pitchi-t coefficient  with 
aectian normal4orce coefficient for constant angle 
of attack 

variatian of section hing-t coefficiant  with 
section  normal-force  coefficient f o r  constant angle 
of attack 

me. inveetigatian was conducted in t h e  Langley +inch mpersanic 
tunnel, which  is of t h e  oontinuous-operation  closed-return tspe with 
provisions for the cmtral of the  humidits and pressure of the  enCl0Sed 
air. Changes in test  Mach number are provided  by  interchangeable  two- 
d-lmRnsianal nozzle blocks f w  test  sections  approximately 9 inches 

r 
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square. =even fin-sh screens in the  sett l ing chamber ahead. of the  
nozzles aid  in keeping the  turbulence fn the tuxmelteat  sectian at a 
low level. For qualitative, vieual"f1o-w obsev t i ans ,  a schlieren 

'optical system is p r d d e d .  During,the preeemt tests, the quanti- of 
water vapor in the t m e l   a i r  was kept to d u e s  sufficiently low so 
that the effects of condensation in the augersonic nozzle were negli- 
gible. The pressure fn the tunnel was adjusted t o  provide the dee*ed 
variations in Reynolb  numbers for the tes ts .  

Models 

Two models  were used in the mvestigatian: R pres- 
d is t r ibu t im mOael f o r  pressure measurements and a schileren model f o r  
visual and liquid-Qilm flow obsermtims. Both models had +inch. 
chords and PectaqtiLm plan folsns and were equfpped with 3Gpercent- 
chord full"span traillng-edge flaps.  The a i r f o i l  sections fn streaTn- 
wise planes were symmetrical circular  arcs with a thiclmese of 9 p e r c a t  
of the chord. The included angle between the wing upper and lower E" 
faces a t  the leading and trailing edge8 was 20.6~. A l l  wing t i p s  were 
cut off in plases p a l l e l  t o  the free-stream  directian and peqendicu- 
lar t o  the  airfoil span. 

The models were  machined fram steel w i t h  the leading and t ra i l ing  
edges ground to a thickness of less than 0.002 inch. The wing contours 
were cut t o  w i " n  0.002 inch of the qecified d u e s ,  and the w-ing 
surfaces were free of scratchee and highly  poliehed. mere was, 
however, a verg slight spaswise twist mer  the 1engt;h of the model, and 
the upper f l a p  &ace did not fair smoothly into the wing emface  a t  
all points by an amount mailer than the tolerance of 0.002 Inch  but 
great enough to be noticeable In the p e e m e  distrfbutims. The gap 
between the f lap  and the  fixed  portion of the airfoil was 0.005 inch 
or  about 0.0017 chord. TPlis gap was not sealed during the  teste. 

A dimensianal  eketch of the  presaq&i&ributian m o d e l  is shown 
in figure 1. For canvenience In carrying pressure l e a b  from the model 
t o  the outside of the tuMel and in- sett ing anglea of attack end f l a p  
deflection angles, the model wa6 mounted in the tunnel directly from 
the tunnel wall, a s   U u s t r a t e d  in figures 2 and 3. Laasrrmch as RO 
yro-8ieim was mde t o  bspa~le the tunnel- boundazy layer, it was 
eqec ted  that there dd be an interactian betwe= the flow mer  the 
model and the tunnel fiounbxy layer which would reeult in pressure 
disturbances t o  those  reported in reference 1. TIL order to 
avoid makFng pressure maa~uranats  in regions e t m g l y  affected by such 
disturbances,  the model wa8 80 proportiorned that the  disturbances from 
the model-tmnel-wall juncture would not intereect the Mach cone (based 
on line= theory) f r o m  the wing t i p  (e.g., fig. 3) .  The span of the  
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model was s o  chosm that the disturbance from the wing t i p  would not be 
reflected front the boundary layer on the tunnel  opposite t h e  t i p  
t o  any point  close t o  the trail- edge of the wing. 

4 

"le pressure-diitribution model was equipped with  static-pressure 
orifices on both the upper and lower M a c e s  at two spanwise stations. 
One of tple s t a t i a n B  was located  in the region between the Mach cones 
from the t i p  disturbances  (fig. 3) uhere the flaw was tw-04imaTLBianal 
at low an@;les of attack and amall flap deflsctians. A t  high angles of 
attack and large f lap deflections the disturbances fram the model- 
tunnel- juncture and f'rm the ulng t i p  actually merge on the hi&- 
pressure  side of the w3ng or flap because of lower local  velocities 
and higher local Mach angles and. the flow at the  statlan is no longer 
s t r i c t ly  twoillmensimal. %Y~ev8r, for the range of a and S inme- 
tigated the effects of the t i p  disturbances were neglfgible  and the 
flow remained essentially t w o - d f m a n s i c m a l  men at the largest angles  of 
the tests. The other orifice Btaticm vas located  within the,Mach 
cane from the wing t i p  but  outside  the Mach cone frm the leading edge 
of the flap. (See fig. 3. ) A t  -each s t a t i m  each w i n g  surface con- 
tained 16 pressure orifices of 0.Ollc"inch diameter drilled gerpen- 
dic- t o  the  Burface. Twelve of the orifices were m the main air- 
f o i l  and four on the flap. The locatianer of the orifices and the 
orifice statim6 are @van in figure 1. All pressure lea'ds from the 
orifices were ducted t o  the outside of the tunnel  internally through 
the model and through the  steel  mpporting plate. 

Figure 4 ehm the  schlieren model and i l lmtra tes   the  m e t h o d  used 
t o  mouzlt the KIP@; in the tunnel for schlieren  observations. For these 
tests the  achlieran m a l e 1  was mounted horizaatally frcm the lower nozzle 
block by'meane of a sfngle,  vertical, Bweptback s t rut .  In order t o  
avoid  Fnterference f r o m  any shock-bow- laye r   i n t e rac t im  at the 
airfoil-tmel-wall  Juncture, the model was designed t u  span only the 
middle 60 percent of the.tunnel and did not extend too  close t o  the 
tunnel-wall boundary layers. For l iquiddi lm flow studies the airfoil 
w a s  mounted vertically fkam the tunnel w a l l  in a similar m & ~ e r  by 
replac- one O f  the Obser~at i~m windows with a steel p h t e  t o  which 
the model support s t ru t  W ~ B  anchored. 

Pressure Meaeuraments and Reduction of Data 

The pressurea on the w i n g  and the t o t a l .  p r e s m e  in the tunnel 
set t l ing chamber were recorded  simultaneously by photographing a 
multiple-tube mercury manameter on which the presmea were indicated. 
Subsequantly, the pressures were read  directly fram the film &a 
pressure coefficiants through the use of a film  reader. 
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Aerodynamic coefficients were obtained by plotting the preseures 
normal. to the wing or f lap chord. d by mechaaicallg integrating the 
faired curpea. The chordwise companenta of the pressure  forces were 
not cnmputed because of the great l a b o r  required to reduce these 
presmes   to   coef f ic ien ts  and because it was found that the  cantributian 
of  these chordwise conqanents t o  all aerodynamic coefficients  presented 
was relatively amdl and in no way affected any of the co~crpazisane. 

During the  investigatian all pressure distributians and schlieren 
and liquid-film flow photographs w e r e  obtained by s e t t h g  and holding 
canstant the angle of attack of the a i r f o i l  and by vary- the f lap  
deflection in eequance f r a a n  Oo t o   t he  limit of the positive o r  negative 
flap d e f l e c t i a .  It was po6sible to change both the angle of attack 
and f lapdeflect ion asgle o f  the  presme-distribution w i n g  fram ,mt- 
side the tunnel while the tunnel w a s , ,  in operatim. Angles of at tack 
and f lap  angles 011 t h e  schlieren model, on the other hand, had t o  be 
set while the tunnel was &ut down and checked while the tunnel was 
operating. The angle set t ings of t h e   p r e e s w s t r L b u t i n n  model were, 
therefore, scanewhat more 8,ccurate than thoee on the schlieren wing 
because it was possible to use a mora accurate  technique f o r  determhing 
the angles. 

All schlieren photographe were obtafned with-the model in profile 
with the knife edges in the schlieren aycrtem both horizantal and verti- 
cal. In the l iqu id4i lm flow inveetigation,  the model was on ane 
occasion photographed at  different time intervals while drging in the 
-el during tes t ing  to check techniques,  but u&ly it was photo- 
graphed mer being ramoved frm the tunnel after a lmg tlme interval 
at which time the film was represenktive of flow cmditiane. A more 
detailed  deecripticm of the  basic technique can be found in reference 2. 

Pressure-distribution t e s t e  mre made mer  a range of a 
from -0.650 t o  k .  Bo at lo intervals. The higheet an&e of attack is 
slightly below the angle at vhfch the leading+dge shock theoretically 
detached  frcm the airfoil. The fla.@eflectian range was usually from 
about -16O to 18O, with the angles set In 2' increments in the ,mall 
positive  flapdeflectinn range and about bo incremante over t he  rest 
of the  range. 

Schlieren photographs with flap  neutral  were obtained  over 
approximately the same range and interval of angh of attack as in the 
case of the pressure  distributions. With the flap  deflected, photo- 
graphs were obtained at  several  flap angles, ueually at angles of 

. 
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attack of 0.35O, 2.35', and 4.35O. Liquid4 ilm flow studies were c a -  
fined t o  . a = Oo and 5O xith flap neutral and to 6 = 5O, loo, ajld 15' 
at  an angle of attack of Oo. 

Most of the  pressuredistributian tests were,made with the s t a p  
nation pressure in the tunnel set a t  one atmosphere, threequarters 
of an atmosphere, ELI@ ane-half atmosphere. Based m the a i r f o i l  chord 
of 3 inches, the test Reynolds numbers corresponding t o  the above 
pressurea. w+re 1.07, 0.81, and 0.55 million, respectively. - Schlieren 
photographs asd liquid-film flow studies were made only at the high 
Reynolds nuniber although same v i e d  schlieren  observatiane a l so  -re 
made a t   t he  lawer Reynolds numbers. 

Precisian of Data 

Stream mmreys obtained  with the test sec t im  empty indicate that 
the mean value of the Mach number Fn the regian occupied by the t e s t  
models is 1.62 and that the v-ariatfon about this mean is no more 
than 0.7 of 1 percent. There xae no evidence of any large irregularit ies 
in stream flow direction. For the preeeuredistributian model, the 
angle-of-attack and flapdeflection setting8 at statim 1 are believed 
t o  be accurate t o  kO.mo and %.lo, respectively. At statim 2 the 
angle of attack is  greater thcan that at statim 1 by about 0.15O 
t o  0.20' owing t o  the twist remlt ing f r a m  wing fabricatian  difficulties, 
and the  angle~sett ings a.re.less certain owing to  greater  deflectians 
under load than those which occurred a t  the inboard station. As a 
result  of these uncertainties all angles, regardless of statim, a r e  
based on those of statim 1. For the schlieren model the angle settlngs 
are cansidered samswhat lese accurate  than  those of the presmre- 
distributidn model a t   e ta t ian  1. lbdividual pressure coefficients axe 
usually accurate t o  kO.01, end consistent  diecrepancies of greater 
magnitude are  not due t o  errors in reading pressures but due to   l oca l  
surface  irregularities ufiich were  deliberately  neglected in fairing 
the experimantal c q e s .  The pres su rmoef f i c iq t  increments resulting 
f r o m  the s1igb.t misaljnement of the upper. f lap  surface with the wfng 
were not  neglected. Tne aerodynmnic coefficients are indicated usual ly  

.the greatest e r r o r  resulting from inaccuracies in fairing  the preesure 
curves in the  region of the f lap hinge line and near the f l q t r a i l i n g  
edge. lhstallatim of presme  ori3ices  close  to  these  points would 
have been very difficult ,  owing t o  physical  limltatians imposed by the 
methods of model constructian and tube  installation. 

to h S S  m.005 in %, k-0.002 in %, and m.01 fIl Ch With 

t 

. 
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Pressure Di6tributim-m 

Tw-siona.l+Plm region.- Some experimental p r e s m e  d€stri- 
butions  selected f k a n  a  cansiderablylarger nmiber obtained at the 
t m i m e n a F l i ~ - f l o w  stattan (statim I) -are presented in figures 5 
and 6 for  a Reynolds number of 1.07 X lo6 t o  &ow the effects of 
changlng the angle of attack and f l a p  deflection. Ih figure 7 axe 
presented  a few typical experimmtal pressme  dlst;ributians t o  i l l u s t r a t e  
the  effects of changes in R e y n o l b  nuniber. The theoretical  pressure dis- 
tributions lncluded In figures 5 and 6 were calculated f r m   o b l i q u e  
shock theory and t he  Prandtl4eyer  equations f o r  the expansion of a tw- 
dimensional  eupersanic flow. The theoretical  calculatians neglec.t the 
fact   that  an c l r c u l ~ c  airfoils the shocks at t h e  -dng leading edge 
and a t  the f l a p  hinge line a r e  curved and the flow behind the shocks is 
rotatianal.  calculations by the method of reference 3 indicate, .never- 
theless, that f o r  the range of anglee of attack and flapdeflecticm 
angles of interest  in this inmstigatfon at M = 1.62 the effects of 
neglecting shock c m t u r e  ahould be negligible for  the'moet par t .  

The results &own in figure 5 f o r  ming 6 at canstant a 
generally  indicate very good agreement between theory and experiment 
over the forward p o r t i m  of the airfoil but show a large  deviation of 
the experbental presmes frcmthe theoretical over the re= portion 
of the wing. When the flap deflected,  the experimental pressures 
on the mction aide of the f lap agreed with  theory up t o  appro"bely 
the. 85-percmkhord point a t  mall flaz angles but only t o  about the 
hinge line at hf& flap deflections. Beyond this poFnt a slight can+ 
pression  not  predicted by the theory occurred, and. the presaure then 
remained approximatelg  caaetant over the ' f h p  mG7ace t o  the t r a u  
edge. A t  the  higher 8*8, a similax mall but abrupt pressure increase 
occurred on the main wing ahead of the flap h w - l l n e  an the f lap hi&- 
pressure  side, while the pressure r i s e  expected OIL the  flap  surface  did 
not occur un t i l  .same distance aft of the hinge line. AB the  f lap angle 
was decreased the regian of the main wing affected by this phamwna 
dimFni8hed in size and it was no longer possible rto distinguish *he 
pressure Changes accurately because of the lack of pressure  orifices in 
t h e  immediate v i c b i t y  of the hinge lfne. 

Exprimental pressure dietributians having the characteristic m a l l  
but  abrupt  pressure r i s e  followad by a ccrnstant presaure just  described 
above have been observed in reference 4 in supersm~c  tes t s  of airfofls 
without f l a p s  and in references 5 and 6 in Investigations at *ansonic 
speeds of Bhock+oun&ary laser  interacticms. In all cases, these 
characteristic  pressure  di8tribUtialE were found to be associated  with 
flow  separation.  Further, in references 5 and 6 it WBE found that th is  
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type of pressure distribution occurred only when t h e  boundary layer on 
the wing wafl laminax. The occurrence of ee-paratim ahead of the hinge 
l lne rm the high-presmre side and ahead of the trailing edge on the 
low-prestsure side of the f lap  is possible because of the  transmission 
of the high  pressures behind the f lap and t r a i l i n v d g e  ahocks upstream 
thfough the subsonic boundary Layer. 

A t  the  hlgheet  positive 6's aham Fn figure 3 the   f lap shock is  
detached fr&n the lower flap  surface accord- to  the  nmviscid shock- 
e x - p ~ i o n  theorg. The slight disagreement between the  theoretical and 
experlmentd p r e s m e  dist r ibut ims over the forward portion of the 

ascribed to   twist  in the model between the p r e s m e  and angle meamre- 
ment stations under the extremely high load. 

' a i r fo i l  a t  a = 4.35O and 6 = 13' and 16' may most probably be 

TgpicaL effecte .of m e  of attack an the wlng pressures with 6 
held constant are illutrtrated in  figure 6. It may be -seen that 
fo r  6 = 0' (fig. 6(b)) a  ma^ region of negative  pressures  greater 
than the  theoretical was present on the upper f lap surface ahead of 
the sepmated-flow rsgian at a l l  anglee of. attack. This  apparent  dis- 
crepancy between theory  and  experimant is believed t o  result from the 
fact that the upper .f@paurface contour  deviates frm that of the 
w i n g  by a nmFI.17 amount due to  .fabrication  difficulties. 'Be results 
a lso  indicate that, when the  f lap w a ~  in the  center of the wake and the 
f l ap  load was.newly zero, flow separatian was present s w t a n e o u s l y  
on both sides of the f lap  near the trailing edge. (See f ig .  6(b ) , 
a = -0.65' and 0.3~ w i t h  6 = oO.) 

The effect of decreasing  the Reynolds number from 1.07 
to 0.55 X 106 (fig.  7) was t o  move the point of Fnitial sepmation 
forward on both the  auction  side of the flap and the  flap hi&-presaure 
side of the w h g .  The ma@itudes of-the p r e s w e  r i s e s  behind the 
sepmation  points a8 characterized by the flat portions of t h e  pressnre 
distributions also increased FYee8ure dis t r ibut ims obtained at a 
Reynolds Ilumber of 0.8l X 10 had characteristlcs intermediate t o  those 
at  the higher and lower Reynold8 W e r s .  Inammch as the changes in 
pressures f r o m  the presmes   fo r  the other & y n O l d E l  number conditione 
were mall, no pressure-distributim data for t h e  wtermd.iate Reynolds 
number are shown. For t h e  rmge of angles of,attack,  f lap angles, and 
'Reynolds numbers inveBtigated the most forwexd point on the wing at 
which flaw separation occurred was at the 5Cbpercent-chord p o b t  or 
tw-thirds of the f lap chord ahead of the f lap hinge line on the  side 
of t h e  wing towarrd  which the  f lap was deflected.. . 
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Wing"tip region.- Pressure distributions obtained a t  statim 2 in  
the  regim influenced by the wing t i p  are &own In  f i v e s  8 t o  10. 
In order t o  make it possible t o  compare the p r e e m e  distributions at 



. the inboard and outboard  Btatians directly, the ccmblnatiana of angle 
of attack, flap deflection, and Reynolda rimer f o r  which data are 
presented in figures 8 to'10.  correspmd exactdy t o  the catibinatians 
of a, 6, and Rergnolds nwriber used in figures 5 to- 7. For 6 = Oo, the 
theoretical  pressure-distributian cu1"ves f o r  the outboard statim were 
computed by the method of reference 7. A methd of correepclnding 
precision for the calcuhtiana of pressures on the f l ap  in the regfaa 
influenced by the ving t i p  for the case &en the f l ap  is deflected is 
not available. Hence, f o r  this investigaticm,  the  theoretical  flap 
pressures were obtained arbitrari ly by adding t o  the pressure- 
distributian m e a  ccquted by the method of reference 7 f o r  8 = Oo 
(station 2) the incrcmente in preseure c o e f f i c i a t  due t o  f l ap   b f l ec -  
t im determined fram two-cUmenaianal shock-expans~on theorg. The Mach 
n&er at the hinge llne was -Burned to be that c q u t e d  for the station 
by the method of reference 7, asd the pressure increments are  defined 
as the differaxe8 In f lap  pressures b e h e n  6 = Oo and 6 equals the . 

required asgle . 
B general, the e x p e r m t a l   r e s u l t e  indicgbe that the previouely 

described phenomena of flow s e p r a t i m  at statim 1 were also present 
a t   s ta t ion  2. The foremost point at ..statim 2 bfluenced by the wing 
t i p  i s  apparent, f'rm the a%rupt change in chordxiae preseure gradient 
that occurs at that point. Ae the angle of attack was ihcreased, the 
point moved forward on the lower wing surface and rearward 021 the upper 

' surface,  but its locatian was always in good agreement wlth theory. 

E'igure 10 indicates that at poeitive f l a p  angles the pressure 
distributianrr  that occurred on the upper or law-presmre aide of the 
f lap  a t   the  outboard statim were of a different tSpe at the two test 
Reynolda mmibers dmm. At R = 0.55 x 106 the presaure distribution 
was of' - the s a m  tgpe as  that found at the two4bnenaicaLal station at 
a l l  Reynolds nmbers. A t  X = 1.07 x l6 the presswe dfstribution 
was no l age r  flat but the pressure increased  cantinuouely toward the 
f l a p  t ra i l ing  edge where it attained a magnitude c-iderably w a t e r  
than that of t h e  pressure found a t  the. lower Reynolds number. l 3 a a m U c h  
a8 th i s  phanamsnon occurred anly a t  positive 6 (fige. 8 t o  lo), even 
a t  Eul@;les of attack near 00, it i e  ascribed, at l eas t  p&ly, t o  t h e  . 
effects of model asgmmetrg. . 

C o ~ r p a r i s 0 2 1  between Staticme.- A cnmpariscm  between the  experimental 
pressure d i s t r i b u t i h  ak etationb 1 and 2 indicates that, on the  f lap 
h i g h + p r e s e  side,. f l o w  separation  accurred at approximakely the 8- 

chordwise point on the win wing f O r  cOmpza%le -a* 8 and 6;s. 
(Campme figs. 5 t o  7 trim corresponding f igs .  8 t o  10. ) The e but 
abrupt  pressure  increases behind the .sepxatian  pointe also were 
approximately e q d  at the two &ations  for the test conditions where 
they c a d  be accurately  established. Thus, the preesure In the 
separated-flow r e g i a  at statim 1 was u8mU.y cansfderably  greater 

111- 
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than that  at statim 2. The agreemmt between theory and eqerimant, 
however, i e  g a e r a l l y  not quite as good at the outboard station as it 
was at t h e  twdimensional-flow statim. The increamd discrepancy 
ap-pasently results part- fram the  fact  that the experhnental angle of 
attack at statim 2 is  samewhat higher -khan the nnm-lna.? angle because 
of twist in the model and partly because of the inadequacy of the 
theory used to calculate the pressure. If the model W s t  is accounted 
f o r ,  than the agreement betwean theory and experiment a t  the outboard 
station is dmoet as good as that at  station 1, deepite  the  arbi- 
trariness of the method of calculatLng t he  presmares. 

c 

* 

On the f l a p  suction &ace, the flow again was found t o  sepmate 
a t  about t h e  same chordwise location at the two preseure-mmmrenmt 
statio- f o r  all test cmditions except possibly an the upper flap 
surface at positive  flap angles when the Reynolb n-er m e  1.07 X 106. 
While not shown, the results obtained at R = 0 .& x lC6 were verg 
a- t o  khose obtained at R = 0.55 x d .  E the reaults on the 
f lap  upper M a c e  at positive S at R = 1.07 x 106 are  excluded, it 
is found that the peesuree  in the separated--flow region Etre neazly eqwl 
at the two statim, although the  preseure at station I is consistently 
the  greater of the two by a very m a l l  amount. It appeaxs fram an 
analysis of these  results,  therefore; that the flaw-eeparatian phenomenon 
general ly  &&d .be fairly unif o m  across the epas of the model even Fn 
the three4imembnal-f low region. i -  

Schlieren and Liquid-Film StudAes * 

Schlieren 0bsematiom.- A group of typical  schlieran flow photo- 
graphs obtained at a Reynolds number of 1.07 X 106 ie presented in 
f iguree 11 and 12. It should be noted that t h e  schlieren flow obser- 
vatione were made on a tbree4lmensiianaI- model and that at  the Mach 
number of the tes te  the regions of the wing influenced by the wing t i p  
extended mmly e r o s e  the span of the model at  the t ra i l fng edge. 

An exanrbmtian of figure ll, which shows the nature of the flow 
about the model with flap at 00, reveals a lshort dark line (marked 
mixing line an one photograph) radiating at a KULU angle from the 
'upper flap surface b"the photographs uith the knife edge horizontal. 
Ih the photo@;raphe obtained with the knife edge vertical, the line is 
less clear and i k  l igh t  in color. A t  the OrigIn of this lFne a weak 
ccanpressicm  shock, barely dfwernible at low angles of attack, is 
present. As a was Increased, the or ig in  of the line moved forward 
toward the hinge line, the angle between the line and flap mrface 
enlarged, and the intensity of the forward shock increased. 
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This  double  or  forked  shock phenmenon Just described was a lso  
present in the teets  of  references 4 to 6 and wae found to  be associated 
with flow eepazation, as had been t he  corresponding pressure distri- 
butions with the characteristic mall but  abrupt  compression  followed 
by a region of cwtast presmre. Again,  it ~T&B found in references 5 
and 6 that t h e  double or forked  shock appemed anly When t h e  boundary 
layer on the model waa I-. The ' short  line radiating at the mall 
angle fram t h e  f l ~ p  is 5n realitg a mixing line between t h e  flow  above 
the line and the essentially deeair space  below the line. The 
apparent sharpness of the line signifies that, regardlees of the -an- 
wise variation in Mach number, the  sepazation phencanenan wae fahly 
uniform across met of the  wing span. This conclusion  is In agreement 
with that derived f r a n  the pressure distributions. Ib contrast to the  
uniformity of flow  separation  across t h e  span, t he  breqdth and fanlike 
aypearance of the disturbances at the  hfnge line and the ehocke at the 
trailing edge indicate  dependence  of crtb.er quantities upon t l i e  
spanwise  variation in Mach number. In same of the photogrqhs it  is 
possible  to see sane curved  disturbance  lines  originating at the upper 
airfoil  surface just ahead of the  f h p  hinge line. Theee l ines are 
cased by reflections of t he  bow wave fram the tunnel  observation 
WFndaWs. 

With t h e  flap  deflected, the same general caneideratim applied 
(fig. E). AS 6 wae increaeed, the origin of t h e  separatian  or 
mixing line on t h 3  auction  side  of the f lap  w e d  touasd  the hinge lfne, 
the eagle betwean the l ine a;nd t h e  flap  chord  became  larger, and the  
shock at the sepa-ation point  became  &ranger.  At the hinge line a 
strong expaneion regicm  is  visible an the  flay suction  side extending 
approximately to the &ock fran t h e  eepratian point at the larger flap 
angles, while a strrmg shock  can be Heen on the high-resmre side. 
The character  of t h e  flow on t h e  cnmpressian  side  of t h e  flap  is 
obscured fn many of t he  pfctures by the support strut. It can  be seen 
clearly,  however, in the photogra,ph for a = -5.000 and 6 = -I-8O 
which was obtained with the wing and flap  deflected in a direction to 
elfminate the support interference f r a m  the  hfgh-pressure  side  of  the 
w i n g .  W s  schlieren  picture  indicates that separation  occurred an the 
main wing ahead of the hinge line W l e  t h e  main shock has w e d  t o  the 
reas of the -flap juncture. 

At the  trailing edge with the  flap  deflected, the schlieren fluw 
pictures show the  presence  of  shocks  just  behind  both  the  upper  and 
lower surfaces men at the  highest  flap angles. A+, these  high  flap 
angles, nonrlscid  airfoil  theory  predicts  the  occurrence  of a shock 
at the  trailing edge on the  Buctian  side  of  the f lap  and only an 
expansion on the high-reesure side. A closer  examination  of a large 

t he  picturee,  the  expansfan  not only actually exieted but the flow 
- number of  photographs s h m d  that, although not too  clear in most of 
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overexpanded t o  a velocity  greater  than that of the  free stream. 
Cmsequently, when the flow met that f'rm the other w l n g  eurface, it 
was deflected back t o  approximately stream direction through a dmck 
some distance downstream of the flap trailing edge. 

A clearer concept of the  character of t h e  flow over the model c&21 
be obtained by referring  to  the sketch In figure 1 3  which has been 
prepaxed from an analgsia of schlieren photographs and frm pressure . 
dist r ibut ims a t  statim 1 f o r  a = 3.35O and 6 = 10'. Because of 
intermtian between the  hock at the upper trailing edge of the model 
and the subsonic boundary layer and wake of the a i r fo i l ,  the flaw 
separates from t h e .  upper m a c e  , of the f lap -st a t  the hinge l ine.  
On t h e  lower surface a similar separation, due t o  shock  boundary-layer 
interaction at the f lap hinge 1ine,.occurs on the main wFng some 
distance ahead of the htnge line while the maw shock moves slightly 
t o  the rear. In both inrrtances the occurrence of flow sepmation at a 
po in t  so far ahead of the main shock is probably associated with a 
laminar boundary layer an the model inasmuch as all experimental results 
t o  date indicate that, in the  cam of turbulent boundary lagers, dis- 
turbances are transmitted upstream anly a relatively short distance asd 
the  characteristic forked o r  double ahock does not exist. Both the low 
Reynolds rimer of the tes t s  and the favorable pressure gradients along 
the chord tend t o  keep t h e  bounda,ry mer lam3mr. Between the  model 
and the separated f l o y i q  a region of deed air, where the pressure is 
constant in the chordwise direction. The boundazy betwean the dead- 
a i r  region and the seprated flow uBu&11y show up very clearly as a 
sharp mixlng line on the  schlieren photographs -is appropriately 
designated in figure 13.  A t  the f lap trailing edge the  flows from the 
two whg surfaces evidently  reach a n  equilibrium presme and w e  
deflected back t o  approximately  stream di rec t im through a rnechaniam as 
yet  not  clearly understood but  entirely different from that predicted 
by nmviscid a i r f o i l  theory. As a remit, the  canter of the wake may 
be displaced upward frm t h e  flap  trailFng edge. 

The schlieren flaw photographs presented and. discussed above  were 
for a Reynolds number of 1.07 X 106. Flows at  t h e  lmr Reynolds 
numbers of the  t es t s  were not photographed becauee the changes Fn 
character of the flow for the m n d l  Reynolds number ran& .of . the inveati- 
gation were smJl and diff icul t  t o  distinguish. V i s u a l  schlieren flow 
oberemtims did establieh the fact ,  however, that the  separation  points 
moved f0rwm-d and the angles of flow separatim relative t o  .the wing o r  
f lap chord increased W L t h  a decrease in Reynolds number. Pres~ure 
ca lcuh t ims  based cm angles of flow determFned from the schlieren 
pictures agreed fairly w e l l  wlth the measured values. 

Liquid4  ilm flow  studlee_ .-. me &.i.qui.d-f ilm  techqique used t o  
investigate-the bomdary-layer-flow characteristics of the a i r fo i l  is 

c 
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sti l l  in the developslsnt stage; hence no photographs of the studies are 
given and no effort is made t o  describe the apparent chmacteristics of 
the boundary-layer flaw in great detail. 3 h  gemiral, howBver, t h e  
studies  indicated that with the XFng EEnd f h p  se t  at the boundary 
layer wga lamhar everywhere over the m o b 1  at a Reynolde number 
of 1.07 X 106 except in the e e p a a t e c ~ ~ l o w  reams and except for a 
very -ow triangular regian of turbulent flow a t  each win@; t i p  with 
the apex of the triangle  located at ,aypro"bely the midchord poFnt 
of the wing t ip .  Evidently, the sli&t diecmtinuitg in the airf 'oil 
surfacee at the line was not  eufficient t o  precipitate transition 
at t h e  R q n o l d s  number and Mach nuniber of the teste.  The turbulent 
boundary layer. in the t i p  regfans mag result  f r a m  a cram flow in the 
inboasd directian mer the  sharp comer at the square t i p  of the wbg. 
Theoretical calculaticcne indicate the exfstance of a pressure  gradimt 
in this  directian all alang the w i n g  t i p  which increased in e t u d e  
towaxd the t r a i l i ng  edge. 

Separated-flow regions could be d i r r t ~ i e h e d  f r o m  the 1- 
b o ~ - l a y e r - f l o w  &as anly by increasing t h e  drying time in the 
t e s t s   un t i l  the liquid film had evaporated Frm both the turbulent 
and 1- bomdary-hyer-ffow regions. Because of the lack of 
velocity and &ace shemfng action in the sepmated-flaw reglan, the 
liquid  film in this area was still visible after it had crnmpletelg 
dried in all other regims. A t ea t  made in this mAnTlFtr at a 
new 4.35O and 6 = Oo Fndicated the presence of a  separated-flow 
region, the  location apd extent of which agreed well ufth those 
detemlned frcm schlieren flaw'photographa and pressure distributions. 

Tests made with t h e  flap  deflected showed that the boundary layer 
became turbulent an the higbpressure  side of the  f lap at a po in t  
corresponding appr0XFmatel.y t o  the loca t im of the main hock a ahort 
distance behind t he  hlnge line. Attention is here  directed t o  the 
fac t  that all three modes  of eqerimantatian, presaure surveys, 
schlieren flow obsematicms, and liquid-film  studies, lead t o  t h e  can- 
clusian that the b o " b y e r  flow cm the model is prlmmilg laminar 
in c w a c t e r .  

W i n g  Sectian  Characteristics 

pariatian of aerodynamic coefficients  with 8.- AeroQnamlc 
chmacteristics  obtained by integrating the theoretical preseure 
distributions asd the exper tal pressure distributions  for t he  
Reynolds d e r  of 1.07 X 1 3= are  presented in figures 14 t o  16 as a 
function of flap  deflection, ¶n figures 17 t o  19 as a flmction of angle 
of attack, and in figures 20 t o  23 as  a functian of section normal- 
force coefficient. A t  t h i s  pofnt It is desirable t o  mentian that where 
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the  fa i r ing of the curves pesented is not obvious the  trands have been 
establiehed fram analyses of a considerably larger  amount  of data, much 
of  which m s  intermediate t o  that shown. 

Ihapsctian of figure 14 indicates that &E a result of the flow 
separatianer discussed in   the previous  sectiona  the lifting  effectiveness 
of the  f lap was lees tban that predicted frcan t heo ry  and was actually 
zero fo r  a very a n d l  range of f lap angles when the f lap was in the 
center of the wake near a total   f lap  deflection (a + 6) of Oo. The loss 
Ln lift effectiveness is connected with a very rapid shift in flow 
sepmation from one aide of the  f lap t o  t he  other. For most of t h e  
deplection range where. the  f lap is ineffective,  separation usually was 
preeant simultaneously on both aides of the  f lap ne= the  trail ing edge. 
AB a was increased fram Oo, the f lapdeflect ion range fo r  which the 
f lap was Ineffective dimlniahed more rapidly a t  the outboard statim 
than at  the inboard location. Figure 14  also shows that f o r  Elmall f lap  
deflectims t h e  dopes  of t he  theoretical and experimental c w e s  for 
the two-ilimsnsimal station were nearly equal. At the  higher anglee, 
h m m r ,   t h e  curves  diverged, thus iadicating  the  increasing  intensity 
of the separation aa 6 was increased. A t  the outboard station  the 
discrepancy between theory  and eqerimsnt wa8 somewhat greater  than a t  
the two-dimensional etatian. AB pointed  out preeouely, et part  of th i s  
increased discrepancy between t h e  theoretical and eqerFmEllltcal curve8 
is probably due t o  the. slightly lmger angle of,  attack .at statim 2 
resulting f r o n  t w i s t  in the model and a part .  due t o  the inadequacy o'f 
the theory. A c q a z i s o n  of the experimental curves-for the two 
etationa shown that the breaks In the   cu~ves  for   s ta t ion 2 occur at 
emaller f lap angles than at-thoae of the inboard station. It appears, 
therefore, that the flap  lift-ffectiveness curve of.,ihe complete three- 
dimensional a i r fo i l  will not have a sharp break as the curve8 of the 
eectim  chazacteristics but will&ave a more gradual change in slope 
over a larger flapdeflection range. 

Paral le l   to  the break or  s h i f t  in  the nomnal"force-caeff icient 
curves, a shift occurred in the plots of a i r fo i l  p i t c h i v n t  
(fig. 15) and f lap h-t coefficiants  (fig. 16) against f lap 
deflection. In genera, the same cornideratima  dl~cussed for the 
normal-force-coefficient curves apply  here except for   the fact that the 
ranges of the momBnt breaks in terms of f lap angle8 did  not diminish as 
rapidly with increase in a as they did in the case of the noTm&l"force' 
coefficient. It may be men that, in effect, there is a shif t  between 
the  portion8 of the-curvea associated  with  positive o r  negative hinge 
molzlents equivalent t o  20 t o  3O f h p  deflectim. AB f o r  t h e  case of the 
nomal-force coef'ficient,  the pitch-  and  htnge+mmat-coefficient 
curves for a complete wing probably will have a m.ore gradual change in 
slope over a larger flapdeflecticm range. The occurrence of a similar 
'break in the hinge -ts of an dl-mo-vable cantrol  surface of 
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different  plan form and section is reported in reference 8. It is 
possible that the appemance of such a phencma~n may be associated 
with, BmozL@; other things, the magnitude of the  included trail-e 
angle 
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Further e " t i o n  of the experimental reeults for both spanwise 
statim shows that, for the pitch-t curves in particular 
(fig.  15), there was. a difference in 810peS between the  portions of the 
curves  associated with positive or negative hinge mments. This phe- 
nomenon occurred even a t  a near Oo where fram sgmmstry canaideratima 
the elopes were expected t o  be equal, and, furthermore, it tended t o  
increase in intensitg with Rqnolde  number. The reason for its occur- 
rence is not  entirely  clear but may be due, a t  leaat in pa&, t o  a 
slight -el asymmetry. 

Variatian of aerodynamic coefficients with a.- The apeemant 
between the  theoret icaland  eqer imntal  curve6 xhan plotted  against 
angle of attack (f ige . 17 to 19) WBB good as regard8 the s l o p e  of the 
curves for station 1 but poor as regar& the displacem&t.of  the cuTveP. 
A t  station 2 t he  agreement between theory and experiment w+s slightly 
poorer as regards t h e  slopes of the normal-force- and p i t c h l n v n t -  
coefficient m e B  and about a8 good a8 regards  the hingemcanent curves. 
~n relation t o  the dispImxments of the theoretical.  an^^ experimental 
curves, the 8gpxmmn-b at the two statio118 was about t h e  ~ame. A s  in the 
case a t  canstant a, t h e  curves for some of the auwller flap anglee ahow 
discontinuities in the'  region where the  f lap waa approximately in the 
center of the wing d e .  the shape of the m e a  with the die- . 
continuities it is evident that the breaks are caused by the lack of 
changes in loading on the flap and not on the maFn wing. For clearer 
identification  the  regians in wbich the breaks in the c m e s  appeas 
have been shown by a ahortilaah line. It is apparent that, particulasly 
f o r  t h e  case of an a f r f o i l  without flap, it may be a very s-lmple matter 
t o  fair the m e B  errcmeoualy and not  perceive the effecta of shock- 
bounaarg"layer  interaction. For the thresdtummioaal wtng as  a whole, 
the  breaks in the force curves wfll again be more gradual and w i l l  extend 
over a greater  angle-of-e;ttack range. A t  the same time the identifica- 
t ion of the sepa t ion   e f f ec t a  will be  more dif.Picult. 

Variation of aerodynamic coefficients  with cn.- order t o  
det6rmine  whether the  breaks in the force  curves were present when the 
angle of attack and flap deflection were elimfnat.ed aa prFmEucg variables, 
the section pitch- and -t coefficients were plotted against 
the normal9orce  coefficient (fie. 20 t o  23). For c lar i ty  the c m e s  
for constant asgle of' attack and constant flap  deflection are presented 
on sepazate  figures. The exprfmsntal  results do not show any readily 
definable disccmtinuities f o r  constant a but  indicate the occumence 
of breaks in the  curves a t  constaat 6. The figures a l s o  hdica te  a 

. 
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bet ter  agreement 
s t a t i m  2,  which 
from the  neglect 

4 ?TAM RM L9Jo5 

between theory and experiment at statim lthaa at 

Ef'fect of changes in Reynolds nuuiber.- Scans idea as t o  the effects 
of scale on the aeroQnamlc characterietice ,of the wing e be obtained 
by cnmparing a few typical curves from the low Reynolds nuniber t e s t s  
(figs. 24 t o  28)  with t h e  c o r r e s p w  figures obtained at the high 
Reynolds nmber  (figs. 14 t o  16 and 18 t o  19). Ln general., it was 
found that the  conclusians  derived from the tests at R = 1.07 X lo6 
applied  directly t o  the rewts obtamed at R =. 0.55 x 106. me only 
major di f fe raxes  mre that the ma@pitudes of the  flap  ineffectiveness 
range a t   t he  lower Reynolds nunibera  were about 10 t o  20 greater in t e r n  
of f lap  angle, momd lo greater in terms of a, and the breaks occm&. 
at more nearly the eame angles of attack &.f lap deflection at both 
the inb0af.d and outboard etaticmer. It thus appears that the adverse 
effects of ehock'botambry-layer interaction w i l l  be more severe at the 
lower ReynolaS number-even in the case of -the f u l l  three-dimaeianal 
Wfng. 

Although the RepolaS number of the inveetigaticm ifl low, it is 
nearly within t he  range of Reynolds mmibers f o r  cmtro l  BuITpaces ,of 
missiles flown at high  al-bitudes. This fact  can be seen more clearly 
if it is  realized that at  ag alt i tude of 50,OOO fee t  and at  the Mach 
nuznber of the  teste, 1.62, the Reynolds nuniber af 1.07 x 1 6  corresponde 
t o  flight of a wing having a ch0rd.a l i t t l e  over 7 inches in length. It 
is apparent,  therefore, f r o m  the refnzlts of this investigation that, as 
a - r e d t  of the possible c q l e t e  loss in control eFPectivenese  over  a 
very nazt-0~ range of f l a p  deflectians due to flow separation,  undesir- 
able  stability asd control characteristica such as making and non- 
1inee.r s t ick  forcdeflect ion  re la t ionahips  may be encountered in 
Bupersonic f l i&  if control  surfaces t o  the ones inveetigated . 

axe uaed. 

Slope parameters.- Because of the  discontinuftfee in the c-e6 and 
the definite  differences in -&ape betweb the- porticii6 of  the C W ~ E  

associated  with  positive o r  negative f lap hinge moments the slope 
parameters derived fk.m the experimsntal  curve8 have l i t t l e  significance 
in the usual sense. However, some important general  conclusions can be 
derived fram.a s t u d y  of the prameters and, therefore, curves which 
show the vqiatims of the varioue pmameters with a and 6 are 
presented in f i4uree 29 t o  32. The d o p e  parameters mre normallg taken 
a8 tasgents t o  the curves at a and c, = 0 when the  f lap angle was 

held ccmstant and at 6 aad %- or  C h  = 0 whan the angle of attack 
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remained fixed. Ib the cam of the experinental  curves when diecm- 
t fnui t ies  in slope occurred in the curves near the reference  points, 
only the dopee  associated with positive  flap angles were used. 

A camparieon of the reeulte of etatian 1 w i t h  those of station 2 
indicates that in general the agreement  between theory and e x p r i m a t  
m e  be t t e r   a t  the tw-sfanal than at the three-dimsneimd flow 
s t a t i m .  The poorer agreement  between theory and experiment a t  the t i p  
station can be accounted f o r  only partly by the  twist in the model, thus 
indicating some inadeqnacy on t h e  part of t h e  t h e w .  Also,. the 
theoretical and experimental elopes 

station 2 than the theoretical and experimental slopee a t   e ta t ian  1 
(f ig .  30), indicating  a lower flap  effectiveness in the  region  Influ- 
enced by the uing t i p .  lb cmventiaal   theories  of control  effective- 
w e e ,  euch as the usual linear theories and the  twc4imensianal  theories 
w i t h  flap-tip  correctione,  the  effects of the WFng t i p  are disregmded. 
In these  teste, the loee in flap  effectiveneee in the  region  theoreti- 
cally influenced by the wing t i p  but n o t  by the flap  eide edge was 
found t o  occur ae a r e d t  of the higher Mach m e r  at the  f lap hFnge 
line produced by the  influence of the wing t i p  and, hence, w a s  not can- 
nected  with  viecoue  effecte or, to any great  extent, with f l a p t i p  
effects. . A s  a caneeqence, the loss in f lap effectiveness on a three- 
dimensional wing may be greater than that normally expected fram the 
uee of the  conventimal  linearized and seccmd-order cmtrol-effectiveness 
theories even af te r  the jnormal al larances for  inaccuracies in the  theom 
including viscous  effecte. The loss in flap  effectiveness  at the out- 
bomd station as compared t o  that at the Inboard location i e  predicted, 
however, by the method mplqyed in th ie  paper f o r  estimating the 
pressures and forces. 

Cmsf %, hs 
and c me nmRller at 

The figuree also ahow that the  effecte of Reynolds nuniber are con- 
siderably  greater in the region d fec t ed  by the wing t i p  -,at  the tw- 
dimensional statim. The effects of Reynolds  ILulziber on a three- 
dimensional r ec t anmar  wing, therefore, will probably  increase ae the 
aspect r a t io  decreases and may a l s o  increase as the Mach rimer decreasee 
and the mea of the region influenced by the w k g  t i p  expands. Since the 
character and ma@pitude of the Reynolde nuniber effects mag differ  with 
Mach number, f i na l  canclusiane  regarding the latter points  require 
further study. 

An investigation hae been made of the aerodynamic characteristics 
of a  rectangular wing with a 9-percenMick symmetrical circul-c 
section and a 3~ercent -chord  trail- flap by means of preseure 
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distributianrr and schlieren and l iquid9i lm flow observations. An 
analysis of the reaults obtained at a Mach number of 1.62 and a Reynolds 
nuniber range from 0.55 t o  1.07 X 106 indicated that: 

1. The theoretical and experimental pressure  distributions were in 
good agreement except the l a ~ - p r e s m e  side of the f lap  near the 
t ra i l ing  edge and on the higbpressure  side of the  f lap .and wing at the 
hinge line. l31 these regians t h e  experimental pressures deviated f r c a n  
the  theoretical because of 1aminm eepazation reeultlng fram Elhock- 
boundarg"1ayer interaction. 

2. As a result of the boundary-layer separation,  the experimental 
increments i n  aerodynamic coefficlentB due t o  angle of attack ar f lap  
deflection: were generally mdler and the slopes of the experimental 
curves lower than the theoretical  coefficient increments and slopes. 

3. Owing t o  hock-boundary-layer Fnteracticm, there was a break o r  
ahift  in the experimental sectian  force and mcment curves when the flap 
was approximately in the  center of the wake that may renult in undesir- 
able  stabil i ty and control  characteristics such &B making and non- 
line=  etick f orcdeflect ion  re la t imahips .  Emever, tke eqerimentd 
resul ts  a l s o  tend to indicate that these  adverse  characteristics will 
not be quite as severe in the caae of a tbree-dimensianal wing. 

4. A t  the outboard statim, which is theoretically  influenced by 
the wing t i p  but  not bjT the  side edge of the  flap,  there a l6ss in 
experimental  nomnal-force coefficient due t o  flap  deflection 8 s  C ~ E -  
pared with that at the t w d i m m s i o n a l  statim which i s  not  predicted 
by amy of the usual linemized and eecand-order ccmtrol-effectivenese 
theories and is  not connected with viscoue effects. It is  possible, 
therefore, that the actual  effectiveness of a f l a p  near the t i p  of a three- 
dimensional w i n g  may be less than that estimated frm the convantianal 
control-effectivenesa  theories even after the nomnal allowances for  
inaccuracies i n  the theory and viscous  effects are applied. 

5 .  In g-eral, the bo- hyer on the model was lamlnar in 
character. With the  flap  deflected, the boundary layer became tur- 
bulent behind the main ahock Just behind the hinge l ine  on the high- 
pressure  side of the flap. 

6 .  The effect of decreasing the R 8 p O l d . s  number was t o  move the 
points of initial separation forward and to.cause the breaks or ahifte 
in the force and molnent curves t o  appear a t  more nearly the 882218 angle 
of attack  or  flap  deflection a t  the two test etatians. 

7. The, effects of. Reynolds number were considerably  greater a t  the 
station Influenced by the wing tip,  indicating  the  probability that the 
aerodyaamic.characteristioe of"three4imensiaaal wings w i l l  be a;tlfected 

A. 



by Reynolds number t o  a  greater  extent if  the  aspect r a t io  is low. It 
is also p068 ibb  that for a  constant  aspect r a t io . the  influence of the 
Reynolde number my increase as the Mach number-decreases and the area 
of the  regim influenced Qy the wing t i p  expands. 
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Figure 1.- Dimnsional sketch of pressure distribution model with plain f lap.  
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Figure 2. - W i n g  mounted in tunnel for testing. 
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F&ure 3. - Preseure-distribution model and i t s  relative location In the wlnd tunnel. 
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Figure 4.- Front and rear three-quarter views of schlieren model used in 
tests.  Symmetrical circular-arc airfoil, 9-percent thick. - 
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Figure 5.- Effect  of flap deflection on experimental and theoretical 
pressure  distributions. Symmetrical circular-arc  afrfoil, 9-percent 
thick; station 1; M, I. 62; R, 1.07 x IO6.  
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Figure 5.- Continued. 
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Figure 6.- Effect of angle of attack on experimental and theoretical 
pressure distributions.  SymietricaJ.  circular-arc a i r f o u ,  +percent 
thick; station 1; M, 1.62; R, 1.07 x 106. 
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Figure 8. - Effect of  flap deflection on experimental and theoretical 
pressure distributions. Symmetrical circular-arc  airfoil,  +percent 
thick;  station 2; M, 1.62; R, 1.07 X ' d .  



- A  

72 

0 

n 
.2 

m 

72 

0 

2 

38 NACA RM L9JW 0. 

4 

0 .2 4 .6 .8 1.0 0 2 4 .6 .8 1.0 

"4 - XI, "597 

(a) Concluded. 

F i g u r e  8.- Continued. 

. 

. ". 

- 



NACA RM L 9 W  39 

-4 

-2 

0 

2 

a 

B 

4 4 S 

I 

-4 

-2 

0 

.2 

4 

.6 

B .2 4 .6 LO 

(b) u = 4.35O. 

Figure 8.- Continued. 



40 IWCA RM L9J05 

0 

.e 

.6 

0 .e 4 .6 .8 .e 4 .6 .8 LO 
X 
IC "/c "597 

(b) Concluded. 

Figure 8.- Concluded. 



41 

-4 

-2 

0 

.2 

Lower surface 

, o  .2 4 .6 -8 1.0 6 .2 4 .6 -8 1.0 
X 
'C t /C 

X 

(a) 6 = --E'. 
Figure 9.- Effect of angle of attack on'Pxperiment&l and theoretical 

pressure distributions.  Symmetrfcal ci dar-arc airfoil, 9-percent 
thick; station 2; M, 1.62; R, 1.07 x 10 z . 



42 

-4 

-2 

0 

e 

4 

-4 

72 

0 

.2 

A 

.6 

NclCA RM L9305 

0 .2 A .6 .8 1.0 6 .e A .6 .0 1.0 
X 
IC __ X 

I C  

(b) 6 = 0'. 
1 

Figure 9. - Continued. 



NACA RM L9J05 43 

-A 

I 

n 

0 

2 

-4 

0 

2 

-4 

-2 

0 

.a 

4 

.6 

0 -2 4 .6 .8 Lo 0 2 4 .6 -8 LO 
X 4 - X 

' C  

(c) 5 = 120. 

Figure 9. - Concluded. 



-2 

0 

.2 

A 

.6 

-a 

n 

.6 

-2 

0 

2 

4 

.6 

-4 

-2 

0 

.2 

4 

- .6 

-4 

-2 

0 

.2 

4 

.6 

0 2 A .6 .8 0 . .2 4 .6 

"IC 

(a) a = 0.35'. (b) a = 4.35'. c 

Figure 10.- Effect of Reynolds nuniber on experimental pressup distributions. 
Symmetrical circular-arc  airfoil, 9-percent  thick; a ta t ion  2; M, 1.62. 



NACA RM L9Jo5 
.- 

45 

a = 1 , 0 0 , 6 = 0 .  0 
a 

a = 3.00°, 6 = 0'. 

a = 5.000, s = 00. 
" 

Vert ical  knife edge. Horizontal b i f e  edge. 
L-62156 

Figure ll.- Typical schlieren photographs of flow about a symmetrical 
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Figure 12.- Typical schlieren  photographs of f l o w  about a symmetrical 
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M, 1.62. 
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Symmetrical circular-arc airfoil,  9-percent thick; M, 1.62. 
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Figure 30. - Concluded. 
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Figure 31.- V&riation of slope parametere with angle of attack. 
Symmetrical circular-arc airfoil, 9-percent thick; M, 1.62. 
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Figure 32.- Variation of slope parameters with flap deflection. 
Symmetrical circular-arc airfoil, 9-percent  thick3 M, 1.62. 




